As mankind reaches to explore extreme environments in space, the application of ceramics surface coatings is increasing. The 2005 mission concept for Solar Probe used a unique design to achieve the necessary thermal control for a very close approach to the solar corona, including the use of a highly refractory, electrically insulating ceramic coating over a carbon-carbon composite heat shield. The proposed trajectory takes the spacecraft from a Jovian fly-by to within 4 solar radii of the Sun, spanning 5 orders of magnitude in solar radiation and solar wind plasma density as well as spacecraft temperatures from <100 K to >2000 K. Using the NASCAP-2K charging modeling program, the degree of charging expected for this spacecraft design has been calculated for this range of radiation environments. New measurements of the electron emission and estimates of related properties of the candidate materials-Al 2 O 3 , pyrolytic born nitride and barium zirconium phosphate-are presented. Absolute and differential surface charging are found to depend strongly on temperature through increased conductivity at higher temperatures and on radiation flux through enhanced charge accumulation and radiation induced conductivity. As the spacecraft approaches the Sun, the competition between increased charge dissipation at higher temperatures and increased charge accumulation at higher fluxes leads to a maximum in differential charging between 0.4 AU and 2 AU. While the spacecraft charging behavior of these materials is found to be significant, it is not severe enough to endanger the mission, and a number of options exist to mitigate the degree of charging. Among the ceramics considered, the use of Al 2 O 3 coatings is found to minimize both absolute and differential spacecraft charging. 
I. Introduction
PACECRAFT charging is caused by the interaction of the spacecraft with the space environment plasma.
Electrically insulating materials are not typically used as coatings on spacecraft, and the phenomenon of environmental-induced charging of such materials has not been studied extensively. The Solar Probe mission proposed in 2005, 1 which would encounter temperatures as high as 2100 K at closest approach, requires a unique design to address the problem of thermal management. 2, 3 The proposed solution included a cone-shaped primary heat shield that is composed of a carbon-carbon (C-C) composite and coated with a thin layer of ceramic material (white surfaces, Figure 1 ), the base of the cone and struts (gray surfaces) made of graphite materials, and the spacecraft bus (gold surfaces) covered with conductive black Kapton. 4 While the work presented here was performed as part of the 2005 Solar Probe concept, much of it has applicability to the current "Solar Probe Plus" concept. The proposed (2005) mission would obtain a gravity assist from Jupiter, propelling the spacecraft to high solar latitudes such that it would approach the Sun at the pole. 1 After closest approach, at ~4 solar radii, it would then enter a free-return trajectory taking it back out of the ecliptic plane, with aphelion at about 5 AU. Therefore, it was DOI: 10.2514/1.40882
[Type text] 4 necessary to study the charging problem in multiple environments, including the approach to the Sun, closest approach, the Jovian environment, and interplanetary space. The proposed trajectory would subject the spacecraft to wide ranging environmental extremes including variations of more than five orders of magnitude in solar radiation and solar wind particle fluxes, the harsh high energy Jovian magnetospheric plasma environment, and spacecraft heat shield equilibrium temperatures from <100 K to > 2000 K. To survive such extremes demands heat shield materials with specific properties.
The candidate coating materials were first selected based on their optical properties: the ideal coatings would enable survivability and mission feasibility by lowering the equilibrium temperature of the heat shield at closest approach. 5 Such materials are highly reflective, particularly in the visible and near-infrared, and either emissive thermally or are made into thermal windows passing thermal emission from the underlying C-C composite. 4 Several ceramics were found to be well suited for this purpose and robust at the anticipated closest approach temperatures (~1600−2000 K). However, these materials are electrical insulators at room temperature; thus careful analysis of their response and anticipated charging in the representative radiation environments encountered during the mission was required. It was necessary to understand the effects of the proposed ceramic coatings material properties on currents into and out of the spacecraft and how they would affect spacecraft charging.
Spacecraft surface net charge accumulation is a flux process as shown in Eq. (1) , where J net is the net current, consider a situation where one portion of the spacecraft (e.g., the heat shield) is exposed to the Sun and this exposed surface experiences photoemission (leading to a net positive charge), while another electrically-isolated and shaded portion without photoemission (e.g., the spacecraft bus), would develop a less positive potential leading to differential charging.
This study focuses on spacecraft surface charging. Such surface charging is typically expressed in terms of surface potential. For the Solar Probe mission, the primary charging-related concern deals with the electric field in the region surrounding the spacecraft that is produced by the potential on the spacecraft. Charging-induced changes to the electric field could cause instruments on a spacecraft to be unable to measure the true, uninfluenced electric field. Furthermore, this altered electric field influences the trajectories of incident charged particles, thereby compromising measurements of low-energy electrons and ions. 7 Since electric field and charged particle measurements are central to the science mission of Solar Probe, it is important to understand to what extent the spacecraft would charge during the mission and especially in the near-solar environment, where measurements would be made.
Internal charge accumulation and possible concomitant electrostatic discharge due to deep dielectric charging are not considered here. The cumulative flux of electrons greater than ~50 keV, which are typically said to cause deep dielectric-as opposed to surface-charging, is ~10 -4 of the total incident electron flux for solar wind with T e of ~70 eV at 0.1 AU, is reduced by another factor of >10 3 at 0.2 AU with T e of ~40 eV, and is many orders of magnitude further reduced at all other near-Sun and deep space trajectory points where T e <35 eV. At ≤0.2 AU, the heat shield temperature is large enough that enhanced dark current conductivity will probably dissipate the deep dielectric charge, although this calculation should be considered in more detail to confirm this conjecture. Deep dielectric charging could more important for the relatively brief period the spacecraft would spend in the Jovian magnetospheric environment. In this environment, the electron temperature is greatly elevated which enhances the magnitude of deep dielectric charging. Furthermore, the heat shield temperature is greatly reduced, inhibiting dark current conductivity.
Surface charging simulations were performed using the comprehensive NASCAP-2K charging analysis package. 10 The solver requires three types of inputs: the geometry of the spacecraft, the radiation environment to which the spacecraft is subject, and material properties of the spacecraft components.
Fig. 2 Inputs to the NASCAP-2K charging solver.
In this paper, we will describe an assessment of the charging of the spacecraft in the anticipated radiation environments and for the candidate ceramic materials. We will first outline the methods for building a model of the spacecraft's geometry and estimating the radiation environment. We will present new measurements of the secondary and backscattered electron emission of three low absorptivity, high-yield, high-resistivity ceramic materials: alumina (Al 2 O 3 ), pyrolytic boron nitride (PBN), and barium zirconium phosphate (BaZP). Methods used to estimate the temperature and flux dependence of other related materials properties will be discussed. Finally, we will discuss the results of the charging analysis in several different radiation environments.
II. Radiation and Plasma Environment Definition
The trajectory for the 2005 Solar Probe concept 1, 11 had the spacecraft spend about 28 days in close proximity to the Sun. Since the nominal start-of-science point is 0.3 AU, the charging problem was considered beginning at a distance of 0.5 AU from the Sun. The remaining 7 to 8 years of the mission would be spent in the Jovian and deepspace environments out to the perigee of Jupiter at ~5 AU. The spacecraft would need to survive those environments; although it would not be conducting science operations there, it would need to remain in contact with
Earth during these time periods.
The near-Sun environment features large electron and ion plasma densities; while by contrast, the densities are Maxwellian distribution of electrons plus a beam of solar wind ions, 12 while the Jovian environment is modeled by a double Maxwellian distribution in order to include both the hot and cold plasma components. 13 The Jovian case includes much higher electron and ion temperatures than the other situations. Relatively large solar radiation intensities are another feature of the near-Sun environment; the large magnitude of blackbody (primarily infrared) radiation in the solar spectrum led to the decision to use a ceramic coating with low absorptivity, α, in the infrared in the design to minimize spacecraft heating, while the high intensity ultraviolet and visible radiation at energies sufficient for photoelectron generation (mainly from the hydrogen Lyman-α emission at 10.2 eV) leading to high photoemission is minimized by choosing ceramic coatings with higher emmisivity, ε, in the ultraviolet and visible range. In general, charging is dominated by electron processes. Negative charging is induced by electron bombardment, while secondary electron emission and photoemission-and to a much lesser extent backscattered and ion-induced secondary electron emission-contributes to positive charging. 14 The combination of these processes establishes the current balance over the spacecraft.
The radiation environments that the spacecraft was anticipated to experience, particularly the near-Sun environments, are not well understood at this time. No spacecraft has yet ventured inside 0.3 AU (the perihelion of the Helios probes), 15 and only Ulysses has provided any data on the solar wind conditions out of the ecliptic plane. 12, 16 It was therefore necessary to attempt to model the very environment that Solar Probe would study. For the purposes of the charging study, reasonable estimates of radiation environments were made using published measured data in the literature along with published simulations and discussions with radiation environment experts.
The Solar Probe trajectory uses a Jupiter Gravity Assist to slingshot out of the ecliptic plane such that it approaches the Sun from its north pole. Because of its solar polar orbit, Solar Probe was planned to traverse solar wind environments ranging from the high latitude polar regions to low latitude equatorial regions. A number of studies have used data from Helios, Ulysses, and other solar-observing spacecraft to model the temperature gradients and plasma environments over a wide range of distances from the Sun. Polar plasma parameters for the range 0.1-0.5 AU were calculated from such models in literature. The electron temperature was calculated using the power law model, T e ~ r 18 It is assumed that the plasma is neutral on the macroscopic scale such that the proton density is equal to that of electrons. For the temperature at the closest approach point at 4 R S , we have extrapolated backwards from the base of the corona (1.03 R S ), with a temperature of 1 MK. The plasma densities were calculated as for the 0.1-0.5 AU cases. 19 The parameters for the two deep-space trajectory points and for the Jovian environment were also obtained from the literature. 13, 18, 19, 20, 21, 22, 23, 24, 25, 26 The plasma radiation environment parameters used for our simulations for near-Sun and deep-space trajectory points are given in Table 1 and illustrated graphically in Figure 3 , while those for Jovian environments are listed in Table 2 .
NASCAP calculations assume that the relative solar radiation intensities as a function of wavelength are the same as for the standard solar spectrum at 1 AU. 8, 28 Tables 1 and 2 and Fig. 3 show the incident solar intensity that scales as r -2 as a function of distance from the Sun for the various environments, where 1 Sun is defined as the integrated solar intensity at 1 AU. 
III. Materials Properties
The electron emission and transport properties of materials are key parameters in determining the likelihood of deleterious spacecraft charging effects, and are essential in modeling these effects with engineering tools such as the NASA NASCAP-2K code. Surface charging results primarily from keV electron fluxes and photoemission, while deep dielectric charging is usually caused by high energy electron and proton fluxes from the trapped radiation.
Accumulation and re-emission of electron, ion and photon fluxes in space determine charge accumulation.
Dissipation or redistribution of this accumulated charge throughout a spacecraft is governed primarily by the conductivity of high resistivity components of the spacecraft. 3, 12, 27 In turn, conductivity is substantially affected by the charge and energy deposited by the incident radiation fluxes, which modify the electric field stress, temperature, and absorbed radiation energy dose of the material.
The potential that develops on a spacecraft surface results from the processes delineated by Eq. (1). Each factor in this equation depends on the radiation environment and the material properties that govern emission and charge transport. While spacecraft charging can be investigated computationally and predicted using available software programs such as NASCAP-2K, accurate radiation environment definition and material properties are integral to ensuring the integrity of the results. As discussed in Section II, radiation environment and expected photon intensity can often be determined using a combination of data available from previous space exploration missions and scaling laws. The material properties governing charging for many common spacecraft materials such as aluminum and
Kapton are well understood. 27, 28, 29 For example, previous studies have measured materials properties and determined appropriate parameters for NASCAP fits for materials such as graphite (used in the base of the spacecraft cone and struts) and black Kapton (spacecraft bus). 30 When these data are unavailable, as was the case here for the proposed ceramic Solar Probe coatings, it must be measured in order to appropriately model charging effects.
A. Description of Materials
Conventional materials used for spacecraft outer surfaces (aluminum, metalized Kapton, etc.) are conductive, absorptivity-to-infrared emissivity ratio, α S /ε IR ), refractory nature, and chemical and processing compatibility with other spacecraft materials. 4 Their ability to reflect incident solar irradiance and emit thermal energy could enhance mission success by decreasing the equilibrium temperature of the primary shield, which in turn decreases launch mass and costs. The optical properties decreased the equilibrium operating temperature of the heat shield by 300−500 K.
The baseline coating for the Solar Probe primary shield (without modifications such as doping) is a thin (100−125 μm) coating of alumina (Al 2 O 3 ) on a C-C composite. Two other coating materials also were under consideration: pyrolytic boron nitride (PBN) and barium zirconium phosphate (BaZP). Many of the ceramics tested and reported here were deposited onto C-C composite coupons, which is the projected substrate and base heat shield material for the spacecraft. The materials were deposited either by plasma spray deposition or chemical vapor deposition to the desired thickness. Information about this process and the resulting ceramic microstructure can be found elsewhere. 31 All materials are known or estimated to have very high electrical resistivity at room temperature (~10 15 ohm•cm). 32, 33, 34, 35 They become more electrically conductive with increasing temperature, allowing rapid charge dissipation at the very high temperatures expected near perihelion (spacecraft closest approach). Since ceramics are typically electrically insulating and therefore tend to collect surface charge at room temperature and at low radiation dose, special attention was devoted to understanding how their electronic properties vary at selected points along the Solar Probe trajectory and how their interaction with the radiation environment could affect the overall spacecraft charging.
B. NASCAP Materials Parameters
The NASCAP-2K code 8 uses parameterized expressions to represent the materials parameters involved in charge accumulation and dissipation, including (i) electron-, ion-, and photon-induced electron emission yields; (ii) mass density; (iii) dielectric constant; (iv) electrostatic breakdown potentials and field strengths; and (v) both dark current and radiation induced electron conduction. 36 Total conductivity is the sum of two temperature dependent material properties, dark current (DC) conductivity which is independent of the incident radiation and radiation induced conductivity (RIC) which by definition is conductivity enhanced by the energy imparted to a material by the incident radiation. 37 The NASCAP parameterization does not model temperature dependence of these parameters, so specific values of the materials parameters must be input into the code for the equilibrium temperatures in each environment listed in Tables 1 and 2 . Table 3 . 30, 38, 39 Accurate absolute electron yield measurements are more difficult to make on dielectrics than on conductors, since any charge that is deposited in the material is not highly mobile and cannot easily be neutralized. 40 The tests employed low-fluence capabilities for testing high yield, extremely high resistivity materials using a pulsed yield system with alternating charge neutralization and a charge decay curve method to make reliable and reproducible measurements of the absolute total yield curves. 39, 40 The direct-current and pulsed-electron yield methods used here are described fully elsewhere. 38, 39 The electron yield curve shows electrons emitted from a material as a function of incident electron energy and provides a measure of the number of electrons emitted for each incident electron on a material. For electron yields greater than unity, a material emits more electrons than are bombarding it and it may acquire a positive rather than a negative charge even in an electron environment, depending on the distribution of radiation fluxes and energies. Table 3 lists the parameters for fits to the data shown in Fig. 4 , using a NASCAP five parameter fit for secondary yields and a NASCAP one parameter fit for backscattered yields. 8, 39 Parameters for secondary electron emission required for NASCAP include the maximum electron yield (δ max ); the energy, E max , at δ max ; and magnitudes and exponents for a dual power law model of the stopping power, n 1 , b 1 , n 2 and b 2 8,39 (Note that only the ratio b 2 /b 1 is relevant for NASCAP. 39, 42 Pronounced effects of charging of Al 2 O 3 on the yield are evident by the depressed yield observed between incident energies of ~200 eV to ~1100 eV (shaded region in Fig. 4 ). The corrected "intrinsic" yield for uncharged material determined by yield decay curve extrapolation to zero surface potential is in very good agreement with yield measurements made on a different type of polycrystalline Al 2 O 3 at an undetermined higher temperature and higher dose rate where resistivity is much lower and charge is more readily dissipated. 43 A USU measurement at 348±5 K also found no appreciable change in yield from the 298 K data in Fig. 4 Table 3 .
Similar measurements of electron emission secondary and backscattered yields were made for PBN and BaZP;
fitting parameters are listed in Table 3 . Both materials exhibited suppressed yields for incident energies from ~200 eV to ~2 keV, similar to Al 2 O 3 . Maximum yields at ~680 eV were estimated to be 7.0±0.6 and 5.0±0.5 for PBN and BaZP, respectively. BaZP displayed extreme charging as evidenced by its erratic emission data as a function of incident energy, with very long discharge times (up to 5 days). 44 Since BaZP is a relatively new material having little material property data publicly available in the literature, these results were particularly valuable, providing insight into unknown properties such as dielectric constant and dark current or radiation induced conductivities and allowing refinement of coating material candidate choices.
The ion-induced electron yields of Al 2 O 3 have been measured for incident heavier ions (Li to Cs) from 90 eV to 29 keV. 45 Both theory and results of Dietz 45 show that ion yield scales approximately as the square root of the incident ion mass. The fitting parameters are listed in Table 3 
J~cos(1-Θ)], which is modeled in NASCAP.
ii. The absorptivity decreases with increasing angle of incidence, since the reflectivity at grazing angle is increased; that is, α~1/cos(1-Θ).
iii. When the penetration depth of the photon exceeds the escape depth (range) of the low energy photoelectrons produced in the material, the emission of fraction photoelectron produced near the surface that can escape is enhanced by a factor of cos(1-Θ). However, when the photon penetration In this case of deep photon penetration, as is true for the near-Sun trajectory points, the terms (ii) and (iii) effectively cancel each other. However, for H Lyman α photons which dominate the photoyield from the solar spectrum, the penetration depth ~8 nm 50 is less than the escape depth for electrons 51 in the deep space and Jovian environments (see Sec. III.D); in this case photoyield measured at normal incidence need be reduced by a factor of 1/cos(1-Θ) to account for (ii), but to not correct for (iii).
D. Electrostatic and Related Materials Properties
The measured densities at room temperature of Al 2 O 3 , PBN and BaZP are listed in proposed for use in the Solar Probe spacecraft. The fitting parameters for PBN, which showed much smaller temperature variations, were determined from more limited data, including an average bulk value at room temperature 32 and values along both the "a" and "c" crystal axes. 33, 34, 55 Table 3 .
Several available data sets of the dark current conductivity of Al 2 O 3 as a function of temperature 32, 35, 55 showed a roughly exponential increase in conductivity with increasing T. These combined data sets were fit with an Arrhenius function of the form
as predicted by standard theories of thermally assisted conductivity of semiconductors and insulators at higher Table 3 .
In addition to the thermally assisted conduction mechanisms for dark current conductivity, electrons can be excited into the conduction band by high energy incident radiation and then thermally move in and out of trap states near the conduction band edge as they travel in the conduction band under the influence of an applied electric field. 58, 59, 60 This insulator conduction mechanism is referred to as radiation induced conductivity (RIC). RIC is given by a simple power law
based on the Rose-Fowler multiple trapping model, 58, 59 where both the proportionality constant k RIC and the exponent Δ can be expressed as material dependant functions of T. 7, 60 Temperature dependant values of k RIC and Δ over a range from ~290 K to ~1200 K can be derived from curves for Al 2 E are the incident electron current density and energy, and R is the range of the incident electron in the Bethe and continuous slow down approximations. 63 It is important to recognize that RIC will only produce enhanced charge transport within the upper layer of a dielectric coating to a depth R (see discussion below), and will lead to charge dissipation only if this surface layer has a conduction path to areas of differential charge or a local ground; it will not significantly enhance the charge dissipation through the Solar Probe ceramic coating-with a thickness ~10 3 time the range of vast majority of electrons in the solar wind plasma-to the underlying conductive carbon-carbon composite substrate at spacecraft ground. The range 8, 39 for Al 2 O 3 at incident energies from 10 4 eV to 10 6 eV in the continuous slow down approximation is tabulated in the ESTAR database. 51 The ranges for PBN and BaZP in this energy interval are approximated by scaling the Al 2 O 3 range data by the ratio of Al 2 O 3 density to the PBN or BaZP density using the ESTAR database. 51 Direct extrapolation of the ESTAR data to lower energies is not valid for energies comparable to the atomic electronic structure, typically a few keV and below, because the discrete energy nature of the collisions becomes important. Instead, at low energies the range is approximated here by using the same density scaling of the product of a universal curve of electron mean free paths for conductors 65, 66, 67 times the probability an energy loss collision will occur, [ ] , where E min is the mean energy lost by the incident electron per inelastic collision (approximately equal to the energy at the minimum mean free path in the universal curve).
In Solar Probe environments, the range of electrons at the peak energy of the solar wind plasma distribution at near-Sun trajectory points varies from ~2 nm to 3 nm, at deep space trajectory point from ~30 nm to ~50 nm; this modest change is expected since R scales as Tables 1, 2 and 3 .
As an aside, we offer a comment about an aspect of RIC that is not generally considered, RIC due to energy deposition for intense UV radiation. made here is rough at best, it is clear that further consideration is warranted to determine if this makes a significant contribution to the dissipation of charge on the ceramic coatings.
The temperature-dependent behavior electron emission is not well understood; 70 knowledge of that behavior would provide useful insight for future charging studies. Preliminary results for Al 2 O 3 from this study indicate that the electron emission does not depend as strongly on temperature as the Arrhenius-like behavior of conductivity.
Experiments focused on determining the temperature-dependent dark current and radiation induced conductivities and related electrical properties of Al 2 O 3 and PBN will further enhance the integrity of these simulations. Some of these data are available in the literature 30, 43 and were used for this study. However, measurement of the exact candidate materials, including any variations due to processing technique and/or bakeout or thermal annealing, is desirable.
IV. Results and Discussion

A. Charging Analyses and Results
We present here the results of NASCAP-2K charging simulations for the Solar Probe spacecraft for two different Equilibrium charging is determine by the balance between charge accumulation (which increases with higher incident currents at closer orbital distances) and charge dissipation due to charge transport (which increases at higher temperatures and higher dose rates at closer orbital distances). The effects of the relative contributions from charge accumulation and dissipation are discussed further in Section IV.B. Changes in charge dissipation (conduction) mechanisms with temperature or dose rate also affect the equilibrium charge conditions. Estimated dark current conductivity, RIC and total conductivity of Al 2 O 3 as functions of the orbital distance from the Sun and the heat shield temperature are plotted in Fig. 5 . For estimates of both Al 2 O 3 and PBN, at closer orbital distances (higher temperatures), conductivity is dominated by dark current conductivity despite the increased flux. Beyond ~0.6 AU, RIC becomes the dominant conduction mechanism, despite solar radiation and plasma dose rates that decrease with
increasing distance approximately as r -2 . This results from a steeper temperature dependence of the Arrhenius dark current conductivity model (see Eq. 4) than the power law temperature behavior for RIC (see Eq. 5 and In addition, the precise solar absorptivity-to-infrared emissivity ratio (α S /ε IR ) of the coatings will depend on the method of application and on their response to the space environment. The value of α S /ε IR determines the temperature on the surface of the coating, such that higher values of α S /ε IR lead to higher surface temperatures. 74 Since resistivity is inversely related to surface temperature, higher values of α S /ε IR will lead to lower resistivities.
Further, the magnitude of the photoemission current is proportional to the fraction of incident VIS/UV light absorbed (e.g., α S ); lower values of α S will therefore lead to less positive charging. Therefore, results for the nearSun cases are presented for two different values of α S /ε IR , since those values can be expected lead to significantly different resistivities and therefore different charging behavior. The lower value (α/ε = 0.2) is advantageous to the mission as a whole, leading to a lower overall spacecraft temperature, while the higher value (α S /ε IR = 0.6) may be more realistic. 3 The values of the materials electron emission, electron transport and related properties (many as a function of heat shield temperature) used in the simulations at different trajectory points were detailed in Sec. III.
Charging results are summarized in Tables 4 and 5 , with error bars given in parentheses in the final two columns.
These reported error values represent the maximum deviation of the surface potentials from the nominal values. Table 4 Charging results for an alumina-coated heat shield. 
Environment
B. Discussion of Charging Analyses Results
There are two primary concerns for Solar Probe charging; therefore the standard for success differs depending on where the spacecraft is located. For trajectory points at which Solar Probe was not planned to perform science operations (nominally, >0.3 AU), the main concern is to avoid elevated surface charging levels that may result in an Tables 4 and 5 showed potentials to be below an engineering threshold for damage of electronics that was estimated as 100 V. 1 For the near-solar cases at ≤0.3 AU where science operations were planned, the situation is more complicated; this is illustrated in Fig. 6 that shows differential potential as a function of distance from the Sun. While arcing is still to be avoided in this regime, the main concern is that the spacecraft potential could interfere with science data collection by deflecting the very particles that Solar Probe mission would measure. All absolute and differential potentials exhibit a pronounced peak between 0.2 AU to 2 AU. These potential extrema result from a competition between two contributions that are functions of distance from the Sun: (i) increased charging due to larger solar radiation and plasma fluxes that increase with decreasing distance as r -2 and
(ii) increased charge transport due to the enhanced thermal and radiation-induced conduction from the increase in absorbed thermal and radiation energies.
It can also be seen in Fig. 6 Note the smooth potential contours along the length of the spacecraft in the absolute potential profiles of the spacecraft in Fig. 7 . These results show differential charging of <1 V for alumina and <70 V for PBN from cone tip to the bus. In the case of PBN, the potential gradient is likely due to the electrically insulating ceramic cone photoemitting while the instrument bus is shaded; lack of electrical conduction between the two (due to the relatively high resistivity of the ceramic at this point in the trajectory) results in the potential differential. It should be noted that while the error estimates for the differential potential are fairly large for some trajectory positions (0.2-2.5 AU), this reflects the sensitivity of the potential to the distance from the Sun in that range. This effect can be seen in Fig. 6 and Tables 4 and 5 ; for both Al 2 O 3 and PBN coatings, the spacecraft transitions quickly from differential potentials in the single digits to potentials of tens of volts as the distance from the Sun increases, with a "critical point" in the region of 0.2-2 AU. Errors in the various input parameters have effects of varying degrees on the results; for example as expected, the resistivity has a large impact on the spacecraft potential, while the impact of the plasma densities is relatively small. 48 Consequently, errors in the input parameters (resistivity, electron emission, particle energies, and particle densities) will have the effect of shifting the potential peaks within that range. To look at the situation from another perspective, one might say, for example, that the transition point is 0.3±0.2 AU for the case of an PBN coating. 
C. Mitigation of Charge
Although the charging of the ceramic-coated heat shield is far from the damage threshold and generally low in the region of science operations, it may be necessary to further mitigate the charging characteristics of the coating in order to meet the stringent requirements for a Solar Probe mission. One option to mitigate charging is to lower the resistivity of the ceramic coatings such that they will be more conductive at the nominal start-of-science point.
Lowering the resistivity of the ceramic coating could also be accomplished by doping the coatings, that is, by adding small quantities of impurities to the ceramic material, thereby lowering its electrical resistivity (Both dark current conductivity and RIC would be affected by doping). An analysis of the impact of doping the coating materials on charging indicates that charging can be significantly mitigated in the vicinity of 0.3 AU. The improvements to differential charging that lowered dark current resistivity can provide are illustrated for alumina and PBN in Figure 8 and Table 6 . A reduction of the dark resistivity by a factor of 100, for example, lowers the maximum spacecraft potential difference at 0.3 AU from ~3 V to ~0.1 V for alumina and from ~75 V to 10 V for PBN. Controlled resistivity alumina with room-temperature resistivities in the range required for a 10,000× reduction in resistivity is commercially available. Examples include 97% pure alumina with room temperature resistivity of 6 × 10 12 Ω-cm and 96% pure alumina with room temperature resistivity of 5 × 10 11 Ω-cm. 75 In general, the amount and type of doping required to modify conduction by these amounts does not appreciably alter the optical properties, in particular α S /ε IR .
Another possibility is to mix the ceramic coating with low concentrations of dispersed conductive nanostructures, as has been done for polymeric spacecraft materials such as Kapton loaded with graphitic carbon particles (black Kapton [Dupont]) or carbon nanotubes. Because of the high aspect ratio of nanostructures such as carbon nanotubes (typically ~1 mm long and ~1 nm wide), only a relatively low concentration of these nanostructures is required to achieve percolated conductivity and a commensurate reduction in resistivity. For example, Ahmad et al. 76 found that 1−2% (by volume) carbon-nanotube-doped alumina decreased resistivity by 10 orders of magnitude. The experiments by Ahmad's group were performed at room temperature; however, other studies of the behavior of carbon nanotubes at high temperatures have demonstrated thermal stability up to 2000
°C. 77 Also, even at these low nanostructure concentrations, optical and thermal properties may be affected. For example, addition of carbon can blacken a material can increase α S /ε IR , thereby increasing the material equilibrium temperature and hence increasing the conductivity. It is conceivable that carbon-induced modifications to α S /ε IR could warm the cone materials enough in deep space and Jovian environments to better dissipate surface and deep dielectric charge. Alternately, increasing α S also increases photoyield and hence positive charging.
Enhanced conductivity will certainly act to reduce differential charging. In most cases investigated here the heat shield and spacecraft bus charge to opposite polarities, so that enhanced charge transport will result in charge recombination and a reduced overall absolute charge. Under these circumstances, the overall absolute charge could be further reduced to near zero potential by adjusting the relative areas of positive and negative charging surfaces.
V. Conclusion
We have presented analyses of the behavior of ceramic materials in space environments, specifically as they pertain to the 2005 Solar Probe mission concept. We have used a combination of radiation environment estimation, material property measurements, and finite-element-based simulations to evaluate the charging response of two ceramic materialsalumina and pyrolytic boron nitride. While the electrical properties of such materials present a Absolute and differential surface charging are found to depend strongly on temperature through increased conductivity at higher temperatures and on radiation flux through enhanced charge accumulation and radiation induced conductivity. As the spacecraft approaches the Sun, the competition between increased charge dissipation at higher temperatures and increased charge accumulation at higher fluxes leads to a maximum in differential charging between 0.4 AU and 2 AU.
Future investigations should be directed toward mitigation of the charging behavior as discussed in the paper, which could include doping with conductors or with carbon nanotubes. Further measurements of temperature dependant materials properties, including dark current and radiation induced conductivities, electron emission and photoyields, are necessary to refine charging simulations. The possible effects of deep dielectric charging in the Jovian and near-Sun environments should also be considered more fully.
